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HICH~-SPEED MEASUREMEVTS O¥ A SWEPT~BACK WING
(SWEEPBACK ANGIE © = 350)%
By B. Gothert

Abstract: TIn the following, high-speed measurements
on a swept-back wing are reported. The curves of 1lift,
moment, and drag have been determined up to Mach numbers
of M = 0.87, and they are compared to & rectangular wing.

. Through measurements of the total-head loss behind the

wing and through schlieren pictures, an insight Into the
formation of the compression shock at high Mach numbers
has been obtained.
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2. : ' ' . ‘ ‘NACA T¥ No. 1102
V. Summary

I. DIYEMSIONS OF THE WING MODEL AMD SUMMARY
OF THE LXPERIMENTS

Stimulated by the AVA invcstlgatlon on the various
swept-back wings an investigatlon in the DVL high-speed
wind tunnel (2.7 meters dlameter) has been conducted on
a swept-back wing. This investigation is to be con-
sidered as a link to the preceding larger syst@matic
seriecs of tests on various swept-back wings. Since the
dimensions of the DVL model in comparison to those of the
AVA model are considerably larger - for example, the span
of the DVL swept-back wing is 1.20m whereas the AVA-
Gott11gun model was only 0.08m -~ these results give
1nformation primerily at high Reynolds numbers regarding
the delaying of compressibility effects by means of
sweepback,

The sweepback angle of the model was ® = 35° (referred
to the 1/-1line). The aspect ratio was b2/F = 6 and the
taper ratio Ll/ia =2 (fig. 1). The profile used was
me asured in the flight direction and corresponds to a
norral profile without camber and with & l2-percent-
thickness ratio ®(MACA 0 00 12-1.1 30). 1In using this
profile 1t 1s realized that it is not the most favorable
high-speed profile, but it was purposely selected in
orﬂbr to male g0551ble -a direct compéarison with similar

gasurements in the DVL high-speed wind tunnel - that 1s,
a comparison with a wing without sweepback and with a

' Iudwieg, H. Hellfligel bei hohen Geschwindigkeiten,
Report 127 of the Tilienthal- ~-Gesellschaft, p. ll.

® The designation of Profiles as used in the DVL would
be as follows for the example of the NACA 1 30 12-1.1 }jO:

Max Camber f/2 = 1 percent

Position of Max Camber xp/2 = 30 percent of chord
behind 1cad1ng edge

Thickness Ratio = 12 perccnt

¥ose Radius = 1.1 percent

Position of max thickneéss behind the leading edge
xg/1 = L0 percent



_varied from Re = 13% X 100 to 2.6 x 106
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normel position of maximum thickness. The Reynolds number
based upon the mean chord of the swept-back wing was . . .

, which 1s higher
than the Reynolds number at which transition from the
laminar to turbulent boundary layer tekes place on a flat
plate (fig. 1). : ,

The‘longitudinal moments of the swept~back wing were,

as usual, based upon the geometric mean chord by = L Fd
and were referred to a moment axis which corresponds to

the 1/li-line of a rectanguler wing. In the case of the
-swept-back wing 1t corresponds to the neutral-point position
of the so defined 1/-line of the rectangular wing with

& rectangular 1ift distribution along the span. The
location of the moment axls Gefined In that manner is at

a distance Axp = 23mm = 1.191, behind the point of the

swept-~back wing.

At various angles of attack and stream velocities,
three-comnonent force mzasurenmants were conducted at
various Mach numbers as well &8 wvere measurements of totale
head loss behind the wing, and optical observations using
the schlieren method.

IT. LIFT, MOMENT AYD DRAG OF THE SWEPT-BACK WING
1. Lift

The curves of 1ift coefficient cg @&s a function of
angle of attack are shown in figure 2 for several Mach

‘numbers., While at the small Mach numver M = 0,30

and 0.55 the curves are straight up to the highest measured
angle of attack a = 89, there occurs in the regions of
higher 1ift coefficlents, at higher ilach numbers, a
continuously increasing curvature which decreases the slope
of the 1ift curve. This curvature begins at the Mach
nunber M = 0,70 and is slightly pronounced &t 1ift _
coefficients of about ¢z = 0.6, but is stronger at higher
Mach numbers vhere simultaneously a decrease 1s brought
about in the 1ift coefficient at which bending occéurs;i =

for example, the bending of the 1ift curve at the Mach

number M = 0,387 begins at 1ift coefficlents as low as
about cg = 0.3. This loss of 1ift indicated by the bending
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of the curves 1s always continuous ~ even at the highest
measured Mach numbers and angles of attack it is rela-
tively weak, thus in general it causes no serious danger
to the flight ché&aracteristics.

On the plots of ¢y = f(a), the 1ift curve at the
smallest Mach number 1s shown on &ll of them for purposes
of compariscn, thereby showing that the slope of the 1ift
curve at small angles of attack 1s steeper. This &lso is
very well shown in flgure 3, where 6c,/6a = f(M) has been
plotted, It is seen that the measured curves at small
1ift coefficients near c¢cg = 0 are even a little bit
steeper than what the theory would require for a sweepback
angle of 359 and an aspect ratio of 6. It must be
emphasized here that the theorstical curves for com-
pressible flow are bassd upon the equivalent incompressible
flow., Thus it is assumed that the incompressible flow
about & swept-back wing with finite aspsct ratio 1is
known; this known incompressible flow, however, is at
present not comnletely adequate, so that in certain
circumstances this explains the obssrved differences® .

As is shown later, & difference occurs between the 1ift
slope ©6Ta/8a of the rectangular and the swept-back wing
even Iin Incompressible flow, which indicates the existence
of a deficioney in the theoretical analysis of the flow
about & swepbt-back wing.

The continuous increase in the slope of the 1lift
curve 6cg/8a with increasing Mach numbers as shown in
fimare 2 for 1ift coefficients near c¢cg = 0 occurs up
to ¥ach numbers of M = 0.82 for c¢g = 0.3 and up
to M = 0,70 for cg = 0.55. At higher Mach numbers the
curves bend to lower values, 28 has already been shown by
the curves of c¢g = f(a)., The loss in 1ift shown by the
different 1ift curves in the regions at higher kech
numbers and 1ift coefficlents is, as usual, traced to the
fact that the velocity of sound is locally exceeded and
compression shock and flow separation results.

Syeissinger "Der schiebende Tragfliugel beil gesunder
Stromung", Report S2 of the Lilienthal-Gesellschaft.

Yulthopp "Anwendung der Tragflugeltheorie auf
Fragen der Flugmechanik", Report S2 of the Lilienthal-
Gesellschaft.
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2. Moment. _
. The instability of 1ift already observed 1s reflected
iIn the curves of the loagitudinal-moment coefficient
cn = f(ca) .and 1t .appears to a greater extent here -
(fig. li). Thus, if .& certain high-11ft coefflcient is
exceedsd, the, principal result.is & sudden break in the
moment curves in the direetion. of tall-heavy moménts;*
this critical 11ft coefficient decreases with increasing
Mach number. The break in the moment curve in the tail-
heavy sense evidently is caused by separation phenomena
at the wing tips, which for the swept-back wing originates
and 1s aided by the outward flowing boundery layer.,

In the region of smalllift coefficlents 1t is seen
that up to & Mach number of M .= 0,70 the momsnt curves
ars not cheanged, and that apart from a slight displacement
the moment curvss are scarcely changed even up to. M = 0,80,
At the hirhest measured Mach numbers M = 0,85 and 0,87

- the moment curves cven at small 1ift coefficients turn to
‘& nose-heavy, that is, a stable direcction, which is

indicsted by the loss of 1ift at the wing center., These
observations made at small angles of attack are in
dccordence with the following considérations given in.
sectlon TV, according to which at small angles of attaek
compression shock and sepamation phenomena are first
precinitated at the wing center. At higher 1ift coef-
flcients cg-> 0., at whichf the moment measurements
reésult in a break in the tail-heavy Sense, there also ocour
additional disturbances e¢vidently broughtabout by the -
Incidence which results in boundary-layer accumulation h
at the wing tips, so that the flow theére sepsrates
panticularly strong, bringing ebout the observed changes

In the moments. . .l — S g e o

.. The position of the neutral point &¢p/6cg indicated
by the trehd of the moment curves. is shown for various
1ift cocfficients in figure 3. One clearly sces that in
spite of tho increasing vélocities up to Meach numbers
of M = 0,80, the .posifion of the neutral point is.not
changed 'in the regions  of small 1ift coefficients near
cg = 0, and when the Mach numbeér is increased beyond
_eéOa;the{Shift*in'the“neutral’point curves in the
stable direction. At high 1ift coefficients c¢g = 0.5
& strong destabilizing shift in the position of the
neutral point ocours with increasing ¥Mach number, which
is shown by the strong break in the moment curves beyond
the critical 1lift coefficient. ‘ ’
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o | 3. Drag -

'The ¢urves of drag coefficient ¢, as & function

of 1ift coefficient ¢4 @are shown in figure 5 for

several Mach numbers, The first significant drag increase
over those values for low velocities corresponds to the
break‘in the curve at cg = 0.} and at a Mach number

M= 3 At the higher liach numbers M = 0,80 or

M = 0.8} the drag increase occurs &t the lower 1ift
coefficients of ¢g = 0.3 and cg = 0.15, respectively,
while at the highest Mach number M = 0.87 a considerable
drag 1ﬂcvease is noticed even 1in symmetrvcal flow (ca = 0).

Here also the cause of the increase in drag at high
Mach numbers and 1ift- coefficients 1s attributed to the
formation ¢f compression shocks &and the resultlng separa-
" tion of the bounda“y layer.

IIlt'compARISow““rTWEEN TEL SWEPT-BACK WING
e

AWD THE RUCTANQULAR &I%

+In order that the advantages to be obtained by
sweepback at high velocities can be evaluated, they are
compared to the’ results previously revorted on the high-
gpeed measurements of a rectangular wing of the same
profile NACA O 00 12-1,1 %0, This wing which ls used

for ccmparison likewise has an aspect ratlo 2/ 6‘
howsver, 1ts plan form is not trapezoical but 1s rectangula°
and hence has a constant chord,

1. Lift and HMoment

In figu-e 6 the 1ift and moment curves of the swept= .
back and the rectangular wing are compared at Mach :
numbers M = 0,30, 0.75, and 0.87. At the smallest Kach
number ¥ = 0,30 the swept-back wing exhibits & smaller
lift-curve slope than does the rectangular wing. "The
direction of this deviation is indeed in accordence with
theory; howsver, the magnitude is not, siace the decrease
in the slome of the 1ift curve 8cg/6a due to sweepback,
by no means corresponds to the ratio of cos ¢ which'
is the main term govérning the decreese, While the 1ift
curves for the swept-back wing and also the rectangular
wing are straight, the moment curves of the swept-back
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wing; however, bend slightly even at small Mech numbers

“whereas those of the rectangular wing do not. -

The occurrence of strong instability ‘at ‘the Mach _
number M =-0,75 1s retarded from. cg = O. to. cg = 0.6
and in the moment curves even from cg = 0.18 to cg =045
by means of sweepback. The advantages obtained by sweep-
back are still evident at the highest measured Mach - -

nunber M = 0,87 at which the beginning of the instability
- in the 1ift and the moment curves 1is displaced from

cg = 0.1 to cg = 0.3,

.. The .comparlson of the slope of the curves O&cg/6a .
as a measure of the 1lift increase &nd oe,/dcg &8 a-
measure of the position of ths neutral point shows '

(fig. 7) for the reglons of small 1ift coefficients that .
the rough disturbance of the 1lift slope dces not ocecur

at all for the swept-back wing up to the limit M = 0.89
of the measureménts, and that the position of the neutral
point is first effected upon exceeding the Mach number

M = 0.800, 1In the case of the rectangular wing thesé
Instabilities occur at I = 0.80 for the 11ft slope and
at M = 0,73 for the position of the neutral point.

. It 1s emphaslzed that the neutral point of the
swept-beck wing is in no way shifted at small 1ift
coefficlents up to the baginning of the dilsturbances at
the Mach number M = 0.80, while the rectangular wing
with the particular profile employed shows & continuous
shift of the neutral point in an unstable cdirsection as

© the Mach numbers increase; that is; a shift toward the

leading edge of +the wing.,  This rhenomenon. may be explained

by the fact that the shift of the neutral point of a

rectangular wing.in the forward direction 1s counteracted
by & rearward shift of the neutral point which is -

evidently hrought about by the center of pressure of 1ift
forces which is displaced in the direction toward the _
wing tips: A .cortaln cutward displacement of the center-

" of pressure of the 1ift forces is also establiched by

the requirements «f the Prandtl rule, since the eguivalent
Incompressible flow has a larger sweepback angle, which:

..2ccording to the calculatlions of Multhopp and-‘Weissinger

results fn an outward sWift of the 1ift distridation.

2« Dl‘é.g

The drag coefficient of the swepb-back wing end the
rectangular wing is plotted for constant values of 1ift
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coefficient c¢gq = 0, 0,2, and 0.l as & functlon of the

Mach. number in figure 8.” From this it is seen that for

the 1ift coefficients considered, the inerease in drag .
of the swept-back wing is alsolaced approximately AM = 0.08
to hlgher Mach numbers; for example, at a 1lift coefficient
cg = 0-the drag increase of the rectangular wing breaks

at a Mech nUmber cf about M = gZ and that of the
SNGDt—baCk wing breaks at ¥ = 0,860, This displacement

' of the drag incresse with reference to, Mach number affords
T an ddvaltage due to sweepback whlch aﬂouqto to this value
of AM = 0,08, :

It 18 to be noticed further that, especially at the
1ift coefficients c5 = 0 and 0.2, the drag increase upon
exceeding the critical “ach number is evidently less
steep in the case of the swept-back W1ng than in the case
of the rectangular wing. The explanation for this
different behavior in the «lope of the drag curve may be
traced to kue fact that in the case of the swept-back wing
the compression shock first occurs only at the wing
portions near the wing center; and from there it gradually
spreads outwaerd over the 61f1f8 span (see section IV).‘

If by using- sweeoback on a model wing & considerable

advantug° is to be obtained over that of the wing without

sweepback, then the question erises whether the magnitude
of the advantage corresponds &approximately to that —
required by theory, or whether for example through dis-
turblng i»fluences of ad jacent bodles an essentlal
deduction is brought about. To answsr thils Juestion
measurements on another purposely selected model wing at
small velocitiss were conducted, from which the essence
of the sweepback effect 1is cledrly visible, A rectangular
‘wing with profile WACA 0 00 15-1.1 LO was set obliquely
to the direction of the flow thereby simulating the action
of wings with sweepback., It was placed in the air jet =
of* & wind tumnnel. and the pressure distribution at the
center section of the wing was measured at various
attitudes by means of & number of prcssure orifices (fig.9).
By means of this experimental apparatus the flow behavior
about an infinitely long rectangular wing wes simulated
to & close ‘aprroximation at the wing center section which
was inclined at & fixed angle with respect to the direction
of the streem, . In & frictionless flow with such an
arrangemsnt, only the velocity component perpsndicular to
the 1uaalng edre of the wing has an effcct on the forces,
while ths comgone : naralle¢ to the leadlwg edge of the
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wing only augments the friction over tho top surface thereby
resulting In secondary forces which transport the boundary
layer spanwlse along the wing, At a fixed angle of attack
mcasurcments were taken in a plane perpendicular to the
leading edce of the wing; the pressures on the wing vary
as Ehe square of the effective.veslocity, that is as

cos“y , where ¢ designates the ungle between the
section and the direction of the undisturbed flow. This
law is confirmed in figure 9 where the measured points

for the angles of attack of 0°, L2, and 8° ape shown,

In this figure the individual circles are the measured
points, whercas the solid curves for sweepback angles
other than 0° were obtained by multliplying those values
for ¢ = 0° by the factor cos®g.

According to these considerations a two-fold effect
of the oblligue wing is to bs expocted at high velocities,
First due to the decrease of the velocity correspnonding
to the cos2p-law the veloelty of sound is first attained
on the profile at higher Mach numbers than in the case
of the wing® perpendicular to the flow direction. Further-
more thir line of the largest additlonal velocity parallel
to the locading edge of the wing is inclined with respect
to the free-flow dircction and it is expected, there fore,
that the compression shock front is also inclined to the
dircctlonr of flow by the same ansle. Since comnression
shocks are only possible if the velocity component
perpendicular to the sheock plene is lavprer than the
velocity of sound, & compression shock on an oblique wing
can first occur when the velocity component perpendicular
to the leading edge of the wing locally excesds the
veloclty of sound; that is, aside from the local additional
velocities the Mach number of the stream in the case of
compragsion shock and Ltherewith also the accompanying
disturbing phenomena which are made possible are increased
in the ratio 1/cos ¢ when changing to the wing normal
to the rlow direction.

On the basis of thuse considerations it must also be
possible to obtaln the ssme curvss for the forces, for
example ecg = f£(M), independent of the oblique angle,
provided one lncreases the force coefiicients in the ratio
1/cos®w end decrvases the Mach number by the Factor cot g

“B. GSthert "Berechnung des Geschwindigkeitsfeldes
von Pfellflugeln bel hohen Unterschaellgeschwindipgkeiten',
Report 127 of the Lilienthal-Gesellschaft, p. 52,
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In the case of drag, the drag coefficient drops in the
first approximation so that only tle decrease 1n the Mach
number by the factor cos © has an effect. In so doing,

1t is not considered in this simple manner theat the
effective local Mach number. &lso 1s decreassd by decreasing
the local additional velocity (fig. 9) and therefore the
distortion of the WMech numbsr qoale mus be even stronger
than the factor cos @,

In the first approximation for ths swept~back wing,
if one assumes that this law is valid as has previously
been demonstrated for the obligue wing, then, for
example, the drag curves for the rectangular and for the
swept-back wing must be brousht anproximetely to the same
level provided the reduced Mach number ! cos ¢ Iinstead
of the Mcch number is used for plotting. As a result of
not considering the additiondl velocitles 1a the fore-
going distorticn 1t was found that in spite of what was
expected, the incresse in drag of the swept-back wing
ocecurred at a lower reduced Mach number thén did the
rectangsular wing. The curves gccordir g to this scheme are
shown in figure 10 and they show the opposlte position
of the curves for smept-back end rectangulsar “ings, The
ourves for the swept-back wing do not lie at 1argbr
reduced l'ach numbers then do the rectangular wings but
instead they lie at a significantly lower reduced Mach
nurmber, The advantages to be cbtained through sweepback,
therefore, are less than what theoretical considsration
would regulre for an cobligque wing.

Since the changes are adverse with regard to the
beshavior of the flow about an oblique wirg, 1t is to be
expected that at the wing center the sweepback «ffect does
not completely occur, and thus brings about for the most
part the observed decrcase in the elfect of sweepback,
Furthermore, as a result of the three-dimenslional flow
about the wing tips, it happsens that without sweepback the
wing tips show a wore favorablie behavior than other wings,
thusg preventing thoe full advantages of sweepback to be
obtained. Through additional measurcments and schllieren
observaticns the flow behavior at the center of a swept-
back wing was qulite closely investigated,
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IV. SPECIAL IVVESTICATIONS FOR CLARTIFYING THE
.. ...PREMATURE- -DRAG- RISE ON THE SWEPT-DBACK WwING

1. Oblique Wings with End Plates Tested at Small Velocities

An investigation at small velocities shall first bhe
reported which furnishes &n Insight into the behavior of
the incompressible flow &bout the center part of a swept-
back wing. Since for reasons of symme try the same
streamlines at the center of a swept-back wing must exist
ag in the case of plane flow, whereas at larger distances
from the wing center a more or less strongly cembered flow
surface can exlst, then the flow produced by the symmetry
of the swept-back wings can e&asily be simulated. The
wing already referred to in figure ¢ was fitted with a
flat plate (fig. 11). DBy means of pressure-distribution
measurements at various distances from this »nlate, the flow
produced by this plete ceén be determined. In a preliminary
experiment a normal wing was first testsod, that is,& wing
with & sweepback angle of 09, and it was demonstrated
that the plate at this attitude exerted no noticeable
influence on the pressure distribution. For the wing
inclined at the angle © = L5° there rssulted, however, a
corsiderable disturbance as 1is shown in deta’'l iIn

figure 11 for the angles of attack a = 0° and [°. 1In
the immediete vicinity of the platc the under pressure

was increased so much that it exceeded the maximum value
obtained by t:e wing normal to the Ilow direction.
According to the mcasurements this additional under
pressure diminishes quite rapidly as the distance from
the end plate 1s increased; in compressible flow this
deceying with increasing M&ch nunber is slovw:r, so

that the disturbances produced by the wing symmetry occur
over the larger part of the wing span. It is therefore
established that, cvspecially at high vslocitics, a
conslderable hindrance of the sweepback eflfect occurs at
the center of the wing, which provides the cause for the
decreased effectiveness of sweepback which was observed
In the high-speed measurcements.

It is emphéasized that these measurements in
Incompressible flow hold good for a forward swept wing.
The corresponding measurements for & swept-back wing would
be obtained L1f the respective position of the end plate was
changred, 1In spite of this 1t can already be concluded
from these measvrements that also for the swept-back wing
a considerable disturbance of & flow at the wing center
18 produced.



e

12 NACA T WNo. 1102

2. Measurements of Total-Head Loss on the Swept-Back
Wing at High Velocitiles (a = 00)

In order to point out the sweepback effect is
hindered at the center of a swept-back wing (fig. 1),
the total-head loss was measured behind the swept-~back
wing at high velocitles and at various sections along
the span. These measurements were taken &t & distance
X = 5.514y behind the reference axis of moments for the
swept-back wing (13 = wing chord at the wing center),
The results of these measurements are shown in figure 12
in which at the Mach number ¥ = 0.65 the velocity of
sound 1s not yet exceeded for the zero angle of attack.
It is seen that in spite of the unfavorable behavior of
velocity at the wing center 1t is precisely this location
at vhich the smallest integrated total-pressure losses
occur, and consequently &lso the smallest local drag
coefficients. The explanation for this 1s that as a
result of the transverse pressure drop in the flow dirsction
the boundary layer is induced outward from the center
section and separates at the sidss; 1t therefore stimulates,
or to a certain degree, results in a corresponding
decrease in dreag at the center section. These measurements,
clearly show an advantage of the swept-back wing in
comparison to the swept forward wing, since the sepsration
which in meneral is danrerous at the wing-fuseleze
juncture 1is retarded by the lateral inducing of the
boundar  layer., The loss in total pressure at high Mach
numbers is shown in figure 1} for the wing center section
and in figure 13 for & section at a lateral distance
of 0.97;. It is scen that for the section 0.914
away from the center the first weak compression shock 1s
vigible at the Mach number M = 0,85, which is indicated
by the strong lateral extention of the losses into the
free flow., By increasing the lMach number to ¥ = 0.90 this
lateral extension into the free flow 1s much stronger as
a result of the increased compression shock; however, a
pronounced separation is still not noticeable In these
curves. In opposition to this, the curves corresponding
to the wing center show that at a liach number of sabout
0.85 the compression shock already causes the [low to
strongly separate. In this case these curves no longer
show the sharp division between the friction losses
(center point of the curves) and the loss which results
from the compression shock (lateral sxtension of the
curves), but instead, hoth regions are merged together,
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_Also the frictlon drag as a result of the premature
separation- of flow evidently 1s somewhat lowored. The
measurcments of total-head lossos therefore confilrm the
concept thet, hccause of the flow symmetry, separation
results which gradually spreads over the whole wing.

3, Schlieren Observations®

If corrssponding to the foregoing developement the
compression shock forms first at the wing center in the
case of the swept-back wing, whercas at & sufficlent
distence from the wing centsr & shock-free transition
from supersonlc flow to subsonic flow rocsults, then the
schlieréen method can be suitably used in order to msake
the shoecl: formeation visible, The flow ficld about &
swept~back wing is indesd an unfavorable condition for
schlieren obscrvations, since in general only planc and
not three-dimensioneal flow processss can be made visible
with thoe schlicren method. This can be voery well 1illus-
| trated by the schlieren pictures of figure 15 which are
P for a Mech number at which compression shocks &re visible;
[ howcver, the main gquestlon of the vposition of the shock
. along the wing span cannot be snswcred., By wmeans of éan
‘ artifice, however, it 1s pessible to obtain a good insight
g; Into the position of the compression shock as well &s
‘ into the formation of the suvncrsconic field of the flow
i apout ths wing., As is shown in figure 16, rooves were
%- made at various sections alongs the span of the wing,

o thereby meking the sunersonic velocitiss visible by means
]' of the Mach waves which are c¢manatsd. One scves quite

i clearly that for ssction I, which Is closest to the wing
P center (centor distance = 0.56Zi), the Mach waves are

! evident which indicates a supersonic field in ths

vicinity of this suction at the Mach number ¥ = 0.85.

At. the next outward lying section IT (mean distances =1,0514)
Mach waves are only very weak and at the outermost

| section IIT (center distance = 1.79%4) no Mach waves at

I all &re¢ visible. Frem this picture of the Mach waves it
1s therefore demonstrated that at lergs distances for the
center scction the sonlc velocity is not exceeded locally
-at a free-stream Mach number M = 0.85, whercas the center
section at the same Mach number & pronounced supersonic

field is‘observed.

°The schlisren photographs were taken by F. Mirus in
the DVL high-speed wind tunnel.
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This phenomena of the supersonic field at the wing
center 1s even more evident at a Mach number N = 0.875
(fig, 17) where it is shown to be strengthened. While
at the Macch number ¥ = 0.875 only very weak lach waves
are visible at the outermost section (center distance
1.7913), at the higher Mach number of M = 0,89 the
Mach waves at this section are clesrly visible (fig. 18),
This shows, however, that the Mach waves at the outer
sections do not terminate 1In compression shocks like the
supersonic field usually does. svidently this corresponds
to the theoretical considerations of shock-free transition
from supersonic flow to subsonic flow, as 1ls shown by
these schlieren plctures for sufficient distances from the
ceniter portions of the wing.

The schlieren pictures of the cuter sectlions show
that, in contrast to the inner ssctions, especially at
those distances less than 0,56l; from the center, the
flow does not result in & strong compression shock 1n the
supersonic field,

From the schllieren pictures 1t is therefore confirmed
that for the investigated swept-back wing the strong
compression shocks occur &t the wing center, while at the
wing sectlons further out the supersonic flow 1s evidently
trunsformed into subsonic flow witlicut the occurrence of
shock, .

li, Favorable Fuselage or Nacelle Shapes

The disturbances at the center of the swept-back
wings developed as a conseguence of the flow symmetry are
connected with a corresponding three-dimensional flow.
However, if a swept-back wing with & fuselage located at
the center i1s used instead of the swept-back wing alone,
it appears possible by means of properly shaping the
fuselage to avoild the disturbances at the wing center and
therefore produce & favorahle behavior. On the basls of
thiese considerations it can be concluded that if a plate
which conformed to the streamlines of the distorted flow
was placed on the wing (that is, the plate 1ls imagined
to be a solidified stream surface), then the plate would
exert no effect. Now 1f one shapes the side of the
fusclage in a corresponding manner, then the disturbance
brought about by the symmetry of the swept-back wing 1is
decreased and only the effect of the increascd local
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additional veloelty resulting from the fuselsge flow would
exist. thh a fuselage formedmaocord1q~ to these view-
points it is conceivable that & swept-back wing with
fuselage would behave considerably better than an isolated
swept-back wing, That the advantages can be cbtained in
this manner is shown by the considerations of figure 10
with regard to the diaturbances brought &about by wing
synme try.

It is emphasized, however, that fuselages formed
according to the above theoughts would be good only for a
fixed flight condition while for other 1light conditions
the best behavior would reguire olher fuselage forms and
the first would no longer give. . the cptimum behavior,

Iin a correspondin? manneyr thoese considerations hold.
true also for swept-back winges with nacelles, which,
acccrding to AVA-(Gttingen eﬂpcriments are unfavorable
I whern the usual nacells {foras are vmnloyed. 3Such experiments
E have alreedy, for a long time, been in preparation at the
) DVI, high-~speed wind tuunel; howcver the models already
‘ completed have not yet been Inves flrat@d bseause of the
extensive engagenents of the wind tunnel.

V. STMIARY

i . High-speed measurements up to a llach number

of N = 57 have been reportcd fop a sviept-back wing
with a 350 sweepback anrl° &b Ve 6, 2'i/z'a = 2,
profile NACA 0 00 12-1.

2. Up to & Wach number of ¥ = 0,80 no disturbance
. in 11ft and moment curvcs is noticed for a small Uft
o coefficicnt while at higher 1ift coefficients (cg» 0.4)
; the slope of the 1ift curve cg = f(a) decreasss, but
above all, the moment curve strongly brocaks towards the
tall—aeavy direction.

R ——

3. At Mach numbers above M = 0,80 and up to ¥ = 0.87
ancther disturbance 1s formed primarily in the moment
curve, which in the region of smalil Hft cozflicients brings
about a displacement of the neutral point in a Stablliulﬁg
direction, whereas at higher 1lift coefficicnts the break
already observed at smaller Yeach nuwbers in the stable
direction still remains.

e
A 1ok P =
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li. By 350 of aweepbeck on a wing a considerable
delaying of the compressibility burble to higher Mach
nunhers cen be obtained (amounting to about AM = O, 08).
This edventage, however, 1s somewhat less than that whicda
wonld @ e exnected from theoretical counsiderations.

5. By means of additlicnal measurements and schlieren
observaticns, it could he shown that the compressibility
burble occurred first at the wing center, in vhich the
sweepback effect is diminished because of ths symetry.

By feor.aing the sidewalls of the Tuselage in the proper
minner i1t can be expectéd that the burble at the wing
center can be extensivuly avolded, so that swept-back wings
with suitebly shaped fuselages can behave very much better
than the swept-baclr wing without the fusclage.

DISCISST O

he dimirished sffect of
rwvard swept wing,
tlon measurements on an

g cenber a plate parallel
he hor zonbal &xis, The secction
on vhich weasurements were taken is in the forward halfl of
the wing. As one can see Dy the »eflections cn the plate
(ses fic, 1) this arrangement can be compércd only with a
swept-forward wing., The rearward swept wing, on the other
hand, corresponds to pressure-distribation medsuriments
on the reerward lying nalf of the oblique wing (fip, 2),

Rudens: In order to explain
swecpback at the center of the red
Gothert has used pressure- ~-distrib
oblique wing. This wing has at 1
to ths flcw direction and the !

03 d-

-t

o

=" ‘__4. ot

Pressure-distribution measurcmen gt low v2locities
have shovn that an increase of the pOLﬂt of under uyressure
necar the profile nose at the center of the swept-back wing
occurs onlv for & forward swept model. In the cass of a
rearward swept wing thils under-pressure polint 1s not
forred closs to the center wall (see fig, 3).

Since a similer behavior can be ezpectcd at highor
velocities the explanation ~iven by Gothert rmust be _
accepted vith much foreS¢gnt. It Sppoars necessary (o
extend the above ssleclted pressure-distribution measurements
to the rearwvard lying half of the oblijue wing.

Gotherts As I have menticned in my paper, the
meéasurements on the oblicue wing with & plate installed on
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~1t-which corresponds to the rearward swept wing were

provided for in the program; howsver, on &ccount of the
necessAary apparatus which has to be constructed, they can
not as yet be conducted. : :

Added in the proof: :

The differences in pressure distribution of & forward
and & rearward swept wing as shown by Ruden are evidently
explained by the theoretical investigations (for exanple
those of Welssinger) of a rearward swept wing and a
forward swept wing - the former possessing a drop and the
latter a hump in the 1ift distribution at the wing center,
In the case of wings at small angles of attack, however,
it is not the 1ift but the finlte wing thickness which
determines the additional velocity., In this regard, the
available ealculations of the additional velocity due to
finite wing thickness eosily illustrate that in the first
approximation it is immaterial whether the wing is swept
forward or rearward. Tn the cass cf notential flow the
direction of flow can be reversed without changing the
pressures. By reversing the flow dircction the sweenback
changes from forward to rearward and vice versa,

Translation by Dean R. Ch&pman
National Adviscry Committee
for Aeronautics.
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Figure 1. Dimensions of the wing and Reynolds number for
high speed measurements on the sweptback wing.
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